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SUMMARY 

Flight  measurements  have  been  made to determine  the  flying  qualities 
and  some  of  the  stability  derivatives  of  a  supersonic  fighter  airplane. 
The  results  are  presented  in  the  form  of  measured  flight  data  and  pilot 
opinion. 

The  damping  of  the  short-period  longitudinal  oscillations  is  some- 
what  low.  The  feel  forces  provided  by  the  longitudinal  feel  system 
are  considered  good  by  the  pilots.  The  longitudinal-control-system 
characteristics  that  result  from  the  nonlinear  gearing  between  the  stick 
and  stabilizer  result  in  poor  handling  characteristics  for  all  indicated 
airspeeds. It appears  as  though  a  more  linear  stick-to-stabilizer  rela- 
tionship  near  trim  would  result  in  improved  flying  qualities  throughout 
the  flight  regime. Also, the  longitudinal  stick-fixed  stability  as 
measured  by  the  variation  of  stick  position  with  normal  acceleration  is 
adversely  affected  by  structural  deformation  during  accelerated  maneu- 
vers.  The  airplane  has  a  high  roll-to-yaw  ratio  but  one  which  is  within 
the  present  flying-qualities  requirements.  The  pilots  dislike  the  longi- 
tudinal  trim  system  because  of  the  difficulty  experienced  when  trying  to 
trim  precisely  and  the  overshoot  which  occurs  when  making a large or 
rapid  trim  correction.  The roll performance  of  the  airplane  is  con- 
sidered  adequate  for  Mach  numbers  below 0.9, but  the  performance  dete- 
riorates  rapidly  in  the  high  Mach  number,  high-dynamic-pressure  region. 

INTRODLJCTION 

This  paper  presents an investigation  of  the  flying  qualities  and 
measurements of some  of  the  stability  derivatives  of a supersonic  day 
fighter  for  both  carrier-based  and  land-based  operations.  Flight  tests , 
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to  measure  the  flying  qualities  and  other  characteristics  of  the  air- 
plane  are  presented  in  references 1 to 10. Tests  of  modern  airplanes 
such  as  the  one  in  the  present  investigation  are  needed  to  extend  the F. 

present  flying-qualities  specifications  of  reference 11 to  the  new 
flight  regimes  covered by the  high  performance  capabilities of this 
type  of  aircraft.. In addition,  the  need  for  flying-qualities  inves- 
tigations  is  continuous to ascertain  if  there  is a need  for  additional 
requirements  to  or  revisions  in  the  present  requirements.  This  fighter 
airplane  was  extensively  tested  during  the  design  stage by.both wind- 
tunnel  and  rocket-model  techniques.  (For  example,  see  refs. 12 to 16. ) 
It  is  therefore  interesting  and  beneficial  to  future  design  to  continue 
the  tests  of  this  particular  airplane  in  flight so that  previous  tests 
can  be  compared  with  flight  test  results. 

The  test  airplane  incorporates  several  new  design  features  in  its 
external  geometry  which  make  the  airplane  of  general  interest.  Such 
features  are  leading-edge  chord-extensions,  leading-edge  droop,  high 
wing  and  low  tail,  and a variable-incidence  wing  to  improve  take-off 
and  landing  characteristics. Also,  the  longitudinal  control  system  of 
this  airplane  combines  such  features  as a spring,  stick  dampers,  bob- 
weights  sensitive  to  both  normal  and  pitching  accelerations  to  provide 
force  feel  to  the  pilot,  and a nonlinear  linkage  combined  with  an  irre- 
versible  power  control  system. 

This  report  deals  with  the  first  phase  of  the  flight  investigation 
of  the  test  airplane  and  discusses  some  of  the  handling  qualities  of  the 
airplane  that  were  obtained  during  pilot  evaluation  flights. Also,  some 
brief  test  maneuvers  have  been  made  to  determine  some  of  the  airplane 
stability  derivatives. 

SYMBOLS 
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C 

Cl 

CN 

‘m 

lateral  acceleration 

wing  span 

mean  aerodynamic  chord  of  wing 

rolling-moment  coefficient, 

normal-force  coefficient, 

Rolling  moment 
qSb 

pitching-moment  coefficient, 
Pitching  moment 

qse 

r 
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Cn 

CY 

c1/2 

Pb 
2v 
- 

P 

P 

cyc le s   t o  damp t o  one-half  amplitude 

acceleration due t o  gravi ty  

pressure  a l t i tude 

moment of i n e r t i a  of airplane  about X s t a b i l i t y   a x i s  

moment of i n e r t i a  of airplane  about Y s t a b i l i t y   a x i s  

moment of i n e r t i a  of airplane  about Z s t a b i l i t y   a x i s  

product of i ne r t i a   r e f e r r ed  to X and Z s t a b i l i t y  axes 

Mach number 

mass of airplane 

normal acceleration, g un i t s  

helix  angle 

ro l l ing   ve loc i ty  

period of o sc i l l a t ion  

dynamic pressure or nondimensional pi tching  veloci ty  

wing area 

time t o  damp t o  one-half  amplitude 

t rue  a i rspeed 

equivalent  airspeed 

airplane  weight 
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CLV vane  angle 

P sideslip  angle 

6a aileron  deflect  ion 

4- rudder  deflection 

B bank  angle 

rolling  parameter, - 57.3 e! 
ve P 

A increment 

Stability  derivatives  are  indicated  by  subscript  notation;  for 
example, 

Rotary  derivatives are defined  as  indicated  by  the  following: 

Subscripts: 

i  indicated 

C calibrated 

f fuselage 

W wing 

Dot  over  quantity  indicates  differentiation  with  respect  to  time. 
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DESCRIPTION OF AIRPLANE 

The Chance Vought F8U-1 airplane is  a high-wing, low- ta i l   f igh ter  
a i rplane  intended  for   both  carr ier-  and  land-based  operations and 
designed  for  use as a supersonic  day  fighter. The airplane powerplant 
i s  a P r a t t  & Whitney 557-P-4 with  af terburner .   Pictures .of   the test 
airplane are shown i n   f i g u r e  1, a drawing  of t he  airplane is  g iven   in  
f igure  2, and per t inent   character is t ics   of   the  airplane are presented 
i n  t a b l e  I. 

The t e s t   a i r p l a n e  has a variable-incidence wing for  use  during 
landing  and  take-off. The wing is moved hydraul ical ly   to   an  incidence 
of 7' in  the  landing  condition, and in   the  c lean  condi t ion  the wing is 
f ixed a t  -lo. The wing is equipped  with a leading-edge f l a p   ( c a l l e d  
leading-edge  droop)  which  can a l so  be  operated  hydraulically  to three 
d i f fe ren t   pos i t ions .  These posi t ions are clean,  cruise  droop, and 
landing  droop. The droop on each  side  of  the wing is  composed of two 
sections,  one section  extending from the  root  to  the  leading-edge  chord- 
extension  (inboard  section) and the  other  section  extending from this 
po in t   t o   t he  wing t ip   (outboard  sect ion) .   (See  f ig .  2 . )  When the  wing 
i s  raised  to  the  landing  posit ion,   the  inboard  leading edge is  drooped 
25O and the  outboard  leading edge i s  drooped 27O. Also, it is possible 
t o   p u t   t h e  droop in   the  landing  posi t ion  with  an emergency a i r  system. 
Af t e r   t h i s  i s  done, the  droop s tays   in   the   l anding   pos i t ion   regard less  
of wing posi t ion.   In   addi t ion  to   the  leading-edge droop for  landing, 
the   a i le rons   a re   def lec ted  down 20' as a f l a p  and the  small f l a p s  at the  
wing root   are   def lected down 20°. When the  wing i s  raised,  the  horizon- 
t a l  t a i l  i s  automatically  deflected 5 O  leading edge up t o  minimize the  
changes i n  trim. The leading-edge  droop  can be def lected 6 . 8 O  and 70 
(inboard and outboard  sections,  respectively)  into  the  cruise-droop 
p o s i t i o n   t o  improve cruise  and maneuver performance a t  subsonic and 
transonic  speeds. 

The control  surfaces of the  a i rplane are a l l  hydraulically  operated 
with  irreversible  systems and t h e   f e e l   f o r c e s   t o   t h e   p i l o t   a r e   s u p p l i e d  
by a r t i f i c i a l  means. The ai leron-  and rudder-control fee l  forces  are 
supplied  by  simple  springs. The forces  required and the  def lect ion 
ranges  avai lable   in   the  a i leron and rudder  control  systems  in  the  clean 
and landing  condi t ions  are   different .  The charac te r i s t ics   o f   the   a i le ron  
and rudder  systems  are shown i n   f i g u r e  3. The s tabi l izer   control   system 
i s  somewhat  more complex. There i s  a spr ing  to   provide  forces   in   s teady 
maneuvers  and the   var ia t ion   o f   th i s   force   wi th   s t ick   pos i t ion  i s  shown 
i n  figure 4.  It should  be  noted that the  spr ing  force varies l i n e a r l y  
wi th   s t i ck   de f l ec t ion  and that there  i s  an i n i t i a l   p r e l o a d   i n   t h e  feel  
spring  of  about 1 pound. The spring  preload  force combined wi th   s t i ck  
f r i c t ion   fo rces  results i n  a breakout  force  of  about 3 t o  5 pounds. 
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Bobweights are used t o  provide  addi t ional   forces  when the   a i rp lane  is i n  
acce le ra t ed   f l i gh t .  There are two bobweights,  one located a t  t h e   s t i c k  
and  one at the  tai l ,  which a re   s ens i t i ve   t o   bo th  normal accelerat ion and 
pi tching  accelerat ion.   In   s teady  turns   or  maneuvers  where the  normal 
accelerat ion is  f a i r ly   s t eady  at values  about l g ,   t h e   . f o r c e s  from t h e  
two bobweights  oppose  each other and provide a force a t  t h e   s t i c k   o f  
2.6 pounds per   g .   In   the  t ransient   port ion of a maneuver  where pi tching 
acceleration  occurs,   the  forces from the  bobweights combine t o  produce 
a force at the   s t ick   p ropor t iona l   to   p i tch ing   acce lera t ion   of  
9.3 lb/radians/sec2.  Additional  forces are provided  during  stick  motion 
by two dampers,  one located at t h e   s t i c k  and  one a t  the  ta i l .  These 
dampers provide a force of 3.4 pounds per  inch  per  second  of  st ick 
def lect ion.  A relief valve  in  each  of  the dampers i s  set so that a 
force of 30 pounds is  the  maximum force that can  be  produced by the  com- 
bined dampers. In   addi t ion   to   the   force   charac te r i s t ics   p rovided   in   the  
a i l e ron  and s t ab i l i ze r   con t ro l  systems,  there i s  a nonlinear  l inkage  in 
these  control  systems  which  results  in a low gearing  between  surface and 
s t ick   def lec t ion   near   neut ra l  and increasing  gearings as t h e   s t i c k  is  
def lected away from neutral .   In  the  longitudinal  control  system  the 
fee l   spr ing  is  i n   t h e  rear port ion of the  fuselage  just   ahead of t he  
nonlinear  linkage. A s  a r e su l t ,  some s t i ck   de f l ec t ion  i s  r e q u i r e d   t o  
take up the  backlash  before   the  s tabi l izer  moves and th i s   t ends   to   accen-  
tuate   the  nonl inear i ty .  These r e l a t ionsh ips   a r e   i l l u s t r a t ed   i n  figure 4. 

The t r i m  systems in   the   a i rp lane   a re   un ique   in  that a l l  three of 
the  cockpit   controls have the  same neut ra l   pos i t ion   regard less  of t he  
control   surface  posi t ion  required  for  t r i m .  The trim actuators  are 
extendable  links  in  the  control  systems.  For example, i f  t h e   p i l o t  i s  
holding a s t ick   def lec t ion ,  and thereby a cer ta in   s t ick   force ,   in   o rder  
t o  maintain a given  airspeed and he wishes t o  t r i m  t he  system to   zero  
force,  he must move the   cont ro l   s t ick  back  toward  neutral as he t r i m s  
the   s tab i l izer   to   the   pos i t ion   necessary   to   ho ld   the   des i red  trim speed. 
The  same condi t ion   ex is t s   in  a l l  three  controls .  The trim systems a re  
e lectronical ly   control led systems  which  operate  through  the  automatic 
control  amplifiers.   Potentiometers  located  on  the  st ick  grip and on 
the  l e f t  console are used to   i n t roduce   s igna l s   t o   t he  t r i m  system. The 
output  of  the trim actuators  are proportional  to  the  given  potentiometer 
knob posi t ion.  The longitudinal  control  system  has  an emergency trim 
system  which when opera ted   ca l l s   for   the  maximum trim actuator  rate 
while  the emergency switch is  engaged.  This  type of t r im  system i s  
commonly c a l l e d  a "beep" type of t r i m  system. 

Automatic s t ab i l i za t ion  of the   a i rp lane  is  provided  about  the yaw 
and roll axes in   both  the  landing and clean  conditions. The  yaw damper 
i s  controlled by two independent la teral   accelerometers   located  near  
the  center  of gravi ty .  Two signals,  one from each  accelerometer,  each 
of  which supplies  one-half  the  required  magnitude are transmitted 
through two al t i tude  gain  changers   to   the  amplif iers .  The a l t i t u d e  



gain  changers  increase  the  damper  gain  with  increasing  altitude.  Signals 
from  the  two  amplifier  channels  are  fed to dual  electrohydraulic  actuators 
and  result  in  the  required  surface  displacement  through  the  combined 
stroke  of  both  ends of the  dual  actuator. An aileron-rudder  interconnect 
circuit  is  combined  with  the  yaw  damper  system  to  prov%de  rudder  deflec- 
tion  in a roll  maneuver  as a function  of  aileron  position.  The  rudder 
is  used  to  counteract  the  favorable yaw produced  by  the  ailerons.  The 
favorable  yaw  decreases  with  increasing  angle of attack;  therefore,  the 
rudder-aileron  interconnect  signal  is  passed  through a stabilizer- 
position  gain  changer  to  attenuate  the  signal  as  the  stabilizer  is  moved 
in  the  trailing-edge-up  direction.  The  aileron-rudder  interconnect  does 
not  function  in  the  landing  condition. 

The roll damping  system  receives  its  signals  from  two  rate -os, 
one  used  for  the  clean  condition  and  one  for  the  landing  condition. In 
the  clean  condition  the  gain  between  roll  rate  and  aileron  position  is 
constant  at 0.14O of  total  aileron  per  degree  per  second  rate  of  roll. 
In the  landing  condition  the  initial  gain  is 1.4O of total  aileron  per 
degree  per  second  rate  of  roll. A gain  changer  in  the  landing  condition 
reduces  the  gain  from 100 percent  to 40 percent  in  the  first 2 inches 
(l/3 of  full  travel)  of  lateral  stick  displacement  and  from 40 percent 
to 0 percent  as  the  stick  displacement  is  increased  from 2 to 6 inches 
(full  travel) . 

For  these  tests  the  center  of  gravity  of  the  airplane  was  located 
at 0.263; at a take-off  gross  weight  of 26,077 pounds  with  the  gear 
down.  Retraction  of  the  landing  gear  moves  the  center  of  gravity  for- 
ward O.OO3c‘. 

1 N ” E N T A T I O N  

Standard  NACA  photographically  recording  instruments,  synchronized 
with a timer,  were  used  in  the  test  airplane. An NACA  designed  airspeed 
head  located  on a boom  at  the  nose  of  the  airplane  was  used  to  measure 
total  and  static  pressures.  Also,  the  head  contained  flow-direction 
vanes  for  measuring  angle  of  attack  and  sideslip  angle.  The  following 
quantities  were  measured  and  recorded: 

Stabilizer  position 
Aileron  position 
Rudder  position 
Stick  position 
Rudder  pedal  position 
Stick  force 
Rudder  pedal  force 
Angle  of  attack 
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Sides l ip  angle 
Airspeed 
Alt i tude 
Three components  of accelerat ion 
Roll ing  veloci ty  and accelerat ion 
Pi tching  veloci ty  and accelerat ion 
Yawing ve loc i ty  and accelerat ion 
Wing pos i t ion  
Wing s t r u t   f o r c e  

No ca l ibra t ion  of t he  boom and airspeed head as i n s t a l l e d   i n   t h i s  
a i rplane was made.  The airplane  manufacturer, however, has  calibrated 
a nose boom i n s t a l l a t i o n  similar t o   t h i s   i n s t a l l a t i o n  and th i s   ca l ib ra -  
t i o n  was used to   co r rec t   t he  measured airspeed. A p l o t  of the   ca l ibra-  
t i o n  is  shown i n   f i g u r e  5 .  Also, f igure  5 presents  a comparison of t h i s  
cal ibrat ion  with a calibration  obtained from the  data  presented  in 
reference 17. In   addi t ion,  a point  obtained from the  airspeed-alt imeter 
recorder a t  the time of the  s ta t ic-pressure jump i s  presented. The 
e r ro r   i n   s t a t i c   p re s su re  and to t a l   p re s su re  was considered  zero after 
the  jump occurred.  This one datum point  appears  to  agree well with  the 
data obtained from reference 17. The two ca l ibra t ions  are i n  good 
agreement  throughout  the Mach  number range. It should be noted  that  
the   ca l ibra t ion  is  p lo t t ed  as a function of indicated Mach  number and 
t h a t  a d iscont inui ty   ex is t s   in   the   ca l ibra t ion   curves  a t  the  time of 
t he  shock  passage  over  the  nose boom s t a t i c   o r i f i c e s .  The ca l ibra t ion  
i s  actually  nonexistent from M = 0.96 t o  1.02. 

A camera was instal led  in   the  cockpi t   to   photograph a t a rge t  air-  
plane  through  the  windshield  during  tracking  tests. It was not   pract i -  
c a l   t o  photograph  through  the  pilot 's  gunsight  but  the camera was bore- 
sighted so that tracking  errors  could be  determined. 

The manufacturer's  values  of  the moments o f   i ne r t i a  Ix, Iy, .and 
Iz were  used in   ca lcu la t ing   cer ta in   s tab i l i ty   der iva t ives .  These 
moments-of-inertia  values were corrected  for changes in   we igh t ,due   t o  
f u e l  consumption. 

. 

TESTS, RESULTS, AND DISCUSSION 

Longitudinal   Stabi l i ty  and Control 

S t a b i l i t y  and con t ro l   cha rac t e r i s t i c s   i n   s t eady   f l i gh t . -   F l igh t  
tests were made t o  measure the  s ta t ic   s tabi l i ty   throughout   the  speed 
range in   the  c lean  condi t ion a t  both 35,000 f e e t  and  about 20,000 feet. 
These tests were  performed by trimming the  a i rplane a t  some high  subsonic 
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speed,  and  then  by  decreasing  the  speed and accelerating  from some  mod- 
erate subsonic  speed t o  about  the m a x i m u m  level-fl ight  speed. The speed 
changes were accomplished  by  varying  the  engine  throttle. It should  be 
noted, however, that t h e  changes i n  t r i m  with power s e t t i n g  are small 
and would not  be  expected t o  have a s igni f icant   e f fec t  on t h e   s t a b i l i z e r  
var ia t ions   wi th  Mach number. The p i lo t   a t tempted   to   main ta in   f l igh t  at 
l g  throughout  the tests and  only  those  data were used  except  for some 
few cases   in  which the   da ta  were cor rec ted   to  l g  f l i g h t .  These tests 
also  provided a measure of the  t ransonic  trim change. The d a t a   f o r   t h e  
two tes t  a l t i t u d e s  are presented  in   f igure 6. The da ta  show pos i t ive  
s t a b i l i t y   f o r  a l l  Mach numbers except in   the  t ransonic   speed range. 
I n s t a b i l i t y  i s  indicated from a Mach  number  of 0.92 t o  1.03. The s t i c k  
forces  associated w i % h  the  t ransonic  trim changes are small, on t h e  
order of 2 t o  3 pounds,  and are considered  desirably small by t h e   p i l o t s .  
The abrupt change in   s lope  of the  curve  of   s t ick  force  plot ted  against  
Mach  number a t  a Mach number of 0.8 i s  a r e s u l t  of t he  f la t  spot   in   the  
s t ick- to-s tab i l izer   re la t ionship   toge ther   wi th   the   spr ing   pre load   and  
s t i ck   f r i c t ion .   Th i s  results in   t he   fo rce  of 2$ t o  3 pounds on e i t h e r  
side of t r i m  shown in   f i gu re  6(b) .  

The  same type  of   tes t  was performed in   the  landing  condi t ion by 
gradually  decreasing  the  airspeed from 180 knots  to  about 125 knots. 
These data are   presented  in   f igure 7. A s t ab le   va r i a t ion  of horizontal  
t a i l  position  with  speed is indicated  although  there i s  a slight  tendency 
toward  decreased s t a b i l i t y  a t  the  lower airspeeds.  It might be noted 
that in  the  landing  condi t ion  the  a i rplane  begins   to  undergo l i gh t   bu f fe t  
a t  about  an  indicated  airspeed of 155 knots  which is  considerably  above 
the   s ta l l ing   speed  of the  a i rplane.  The p i lo t s   ob jec t ed   t o   t h i s   h igh  
buffeting  speed  in  the  landing  approach  and f e l t  that buffet   could  not 
be  used a s  a s ta l l  warning in   this   configurat ion.  

The p i l o t s  made several  observations  regarding  the  landing  charac- 
t e r i s t i c s  of the  a i rplane.  It should  be  noted, however, that no experi-  
ence has been  obtained  during  carrier  landings. The p i l o t s  normally 
landed  the  airplane  out of t r im  to   avoid  using  the  port ion of t he   s t i ck -  
to -s tab i l izer   gear ing  where the  gearing i s  low. The p i l o t s   f e e l   t h a t  
the  continuous  need t o  retrim the  a i rplane  both  longi tudinal ly  and l a t -  
e r a l l y  when the  a i rspeed is  reduced  from 180 t o  i20 knots is undesirable. 
Also, t he   p i lo t s   no ted   t ha t   t he   a i rp l ane  i s  d i f f i cu l t   t o   hand le   du r ing  
take-offs o r  landings  in  moderate  cross winds  of 10 t o  15 knots  because 
of  excessive  heeling and  weathercocking. I n   t h i s   p a r t i c u l a r   a i r p l a n e ,  
during  the  landing  approach  the  roll   stabil ization  system i s  frequent ly  
turned  off as a r e s u l t  of t h e  roll mon’itoring c i r c u i t  when l a rge   a i l e ron  
def lect ions are used.  This is undesirable  especially  during  an  approach 
in   turbulent  air because  the roll stabi l izat ion  system i s  the  system 
which i s  most e f f e c t i v e   i n  damping the  airplane  motions. (It was later 
found t h a t  a malfunction  of one of  the gyros used for  the  landing con- 
d i t i o n  was the  source  of  the  trouble.)  Also, t he   p i lo t s   no ted  that the  
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r e s t r i c t i o n   t o  220 knots  airspeed  with  the wing  up demands very  careful 
a t tent ion  during  an  af terburner   take-off   to   insure  that the  wing is 
lowered  and  locked  before  the  airspeed is exceeded. I 

Charac ter i s t ics   in   acce le ra ted   f l igh t . -  The maneuver characteris-  
t i c s  of the   a i rp lane  were  measured  by  performing windup turns  at various 
a l t i t u d e s  and f o r  a range  of Mach numbers. I n  a l l  of  the tests at 
supersonic  speeds  the  cruise  droop was up, but at subsonic  speeds tests 
were made wi th   the   c ru ise  droop  both up and down. I n  most cases,   the 
acceleration w a s  increased   in   the  windup t u r n s   u n t i l  moderate buf fe t  
w a s  encountered. Some t e s t s  were a l s o  made t o  determine  the  character- 
i s t i c s   i n   r ap id   pu l l -ups  and tu rn   en t r i e s .  

The s t ick   force ,   s t ick   pos i t ion ,  and s t ab i l i ze r   pos i t i on  as a func- 
t i o n  of  normal acce le ra t ion   i n  windup turns  at a l t i t u d e s  of about 30,000 
and 35,000 f e e t   f o r  two cal ibrated Mach numbers a re   p resented   in  
fi,o;ure 8. The data  of f igu re  8 are   typical   of   the   data   obtained  during 
t h e   f l i g h t  program. The var ia t ion  of s tabi l izer   angle   with  accelera-  
t i o n  i s  s t ab le  and l i n e a r   i n  a l l  cases. The stick-force and s t i c k -  
posi t ion  curves   ref lect   the   nonl inear i ty  of the  control  system  and the  
e f f e c t  of  fuselage  bending. The breakout  force  required  to ovelrcome 
t h e   s t i c k   f r i c t i o n  and spring  preload  together  with  the  forces  resulting 
from the  very low gearing between s t i c k  and s t ab i l i ze r   nea r   neu t r a l  
requires a s t i c k   f o r c e  of about 3 t o  5 pounds t o  move t h e   s t a b i l i z e r .  
These forces   cause   the   in i t ia l   force   per  g for   values  of  normal accel-  
erat ion up t o  about 2g t o  exceed the limits spec i f ied   in   the   requi re -  
ments  of reference 11. The force  per g for   values  of g i n  excess  of 
2g are   wel l   wi thin  the  required limits. The data with  cruise droop up 
indicate  the same t rends as those  for   the cruise-droop-down  case, and 
the   s tab i l izer   angle   per  g i s  s l ight ly   less   for   the  cruise-droop-up 
condition. Windup turns  performed at  an   a l t i t ude  of 20,000 fee t   wi th  
the  cruise  droop down exhibi t   the  same charac te r i s t ics  as those  obtained 
a t  35,500 f e e t .  The s tabi l izer   angle   per   g ,  however, i s  decreased 
because  of the  increase  in  dynamic pressure. The lowes t   a l t i tude   for  
which t e s t  data are  presented was 14,400 f e e t  at a Mach number of 0.9. 
These data   are   presented  in   f igure 9 and show that the   s t ab i l i ze r   va r i a -  
t ion   wi th  normal accelerat ion i s  approximately  linear up to   the   h ighes t  - 
value of  g reached. The s tabi l izer   angle   per   g ,  however, i s  decreased 
r e l a t i v e   t o   t h e   o t h e r  Mach numbers and a l t i t u d e s .  The curves  of s t i c k  
force and s t i ck   pos i t i on   a r e  of spec ia l   i n t e re s t .  Very l i t t l e ,  i f  any, 
s t i c k  motion i s  requi red   to  move t h e   s t a b i l i z e r  at the  higher  values of 
normal acceleration  but  the  forces  required  are  almost  l inear and 
re f lec t   the   force   resu l t ing  from the  normal-acceleration  bobweights. 
The p i l o t s   f e l t   t h a t   t h e   a i r p l a n e  w a s  over ly   sensi t ive a t  t h i s  Mach  num- 
ber and a l t i t ude ,   bu t   fo r  slow steady maneuvers th i s   cha rac t e r i s t i c  was 
not   too  object ionable .   In   general ,   the   pi lots  were  of the  opinion that 
the  longitudinal  control i s  too  insensit ive  near t r i m  f o r  a l l  regions 
of f l igh t   wi th   the   except ion  of  indicated  airspeeds i n  excess of - 
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500 knots.  This  causes  the  system t o  be par t icu lar ly  annoying w h i l e  
tracking  or  during  the  beginning of the  landing  f lare  from a t r h n e d  
condition. The nonlinear  variation of s t ick- to-s tab i l izer   re la t ion  is 
responsible   for   this   def ic iency and it is f e l t  that a more l i n e a r  con- 
t r o l  system, espec ia l ly   for  moderate control  displacements, would  be 
an -improvement. 

A summary p lo t  of t he   s t ab i l i ze r  angle per g in   acce le ra ted  maneu- 
vers is shown i n  figure 10. The data  of  f igures 8 and 9 together  with 
a l l  of the  measured da ta   in   acce le ra ted  maneuvers are p resen ted   i n   t h i s  
figure. A t  an a l t i t u d e  of  35,000 feet the  s tabi l izer   angle   per  g 
decreases somewhat abruptly from about 3.5 t o  about  2.8  in  the  range 
of Mc from  0.92 t o  0.97 and then  increases  rapidly as supersonic 
speeds  are  attained,  reaching a maxhum of about 5.3 a t  Mc = 1.1. 
Above t h i s  Mach  number and up t o  about M, = 1.45 the   s tab i l izer   angle  
per g decreases  unti l  a value  about  the same or   s l igh t ly   l ess   than   tha t  
for  the  subsonic  condition  exists.  Putting  the  cruise  droop up a t  sub- 
sonic  speeds a t  35,000 feet  causes a slight  decrease i n  s tab i l izer   angle  
required. A t  the lower a l t i t ude  of  20,000 f ee t ,   t he   s t ab i l i ze r   ang le  
per g decreased  with  increasing Mach  number from  about  2.5 a t  Mc = 0.68 
t o  1.65 a t  Mc = 0.865. The  minimum value of 1.5 was obtained a t  
Mc = 0.9 a t  an a l t i t u d e  of approximately 14,000 f e e t .  

A number of f l i g h t   t e s t s  were made of rapid  pull-ups and turn  
entr ies   to   obtain  pi lot   opinions of t he   f l i gh t   cha rac t e r i s t i c s  of t he  
airplane under  these  conditions.  Typical  time  histories of pull-up 
maneuvers are  presented  in  f igure 11. These  maneuvers  were  of par t icu-  
lar in te re s t  because of the  iongitudinal  feel   system. The p i l o t s   f e l t  
that the   force   charac te r i s t ics   in   rap id  maneuvers  were very good. The 
force   dur ing   the   in i t ia l   par t  of the maneuvers was somewhat higher  than 
in  steady  turns.  There was a tendency f o r   t h e   p i l o t s  t o  overshoot  the 
desired  accelerat ion  level  when rapid  turns   to   large  accelerat ions were 
made.  However, t h i s  tendency was bel ieved  to  be due to   the   nonl inear  
gearing and the  decrease  in  apparent  st ick-fixed  stabil i ty a t  higher g 
leve ls   ra ther   than   to   the   force   charac te r i s t ics .  Also,  t h e   p i l o t s   f e l t  
that there  w a s  l i t t l e  tendency  toward p i l o t  induced  oscillations and 
that t h e   f e e l  system did   no t   res t r ic t   the  maneuvering capabi l i t i es  of 
the  airplane.  

Some tests were made t o  measure the  maneuver cha rac t e r i s t i c s   i n  
the  landing-approach  configuration fo r  a range  of  airspeeds from 
200 knots down t o  140 knots. These data  are presented  in  f igure 12. 
About the  same trends of s t ab i l i ze r   pos i t i on  and force   charac te r i s t ics  
are   exhibi ted  in   the  landing  condi t ion as in   the  c lean  condi t ion.  In  
the  landing  condition  the  airplane  begins  to  buffet  at very small incre- 
ments of g  above l g  and it w a s  d i f f i cu l t   t o   ma in ta in   t he   t u rn  a t  any 
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- 
given g leve l .   This   condi t ion   resu l ted   in   the  amount of scat ter   obtained 
in   t he   da t a .  The force   per  g in   the  landing  condi t ion is  somewhat large,  
on the  order  of 15 pounds per  g. The s t ab i l i ze r   ang le   pe r  g increases - 
from  about 4.5O per  g a t  197 knots t o  about loo t o  12' per  g at 140 knots. 

Ef fec ts  of fuselage  bending.- As has  been  noted,  the  data  of  fig- 
ure 9 i n d i c a t e   t h a t   t h e   r e l a t i o n  between t h e   s t i c k  and s t a b i l i z e r  motion 
i s  adversely  affected by normal accelerat ion  to   such an extent  that 
there  is a la rge   decrease   in   apparent   s t ick- f ixed   s tab i l i ty ;   tha t  is, 
at Mach numbers near 0.9, the   var ia t ion   o f   s t ick   pos i t ion   wi th  normal 
acce lera t ion   ind ica tes   tha t   the   a i rp lane  is neut ra l ly   s tab le ,  whereas 
the   var ia t ion  of s tab i l izer   angle   wi th   acce le ra t ion  shows t h a t   t h e  air-  
plane  has a s izeable  margin of s t a b i l i t y .  These data indica te  that the  
longitudinal  control  system i s  affected by loading on  some portions of 
the  a i rplane  s t ructure   or   control   system.  In   an  effor t   to   isolate   the 
p a r t s  of the  control  system which are  affected,   instruments were 
i n s t a l l e d   t o  measure the  motion of var ious   par t s  of the  longi tudinal  
control  system. The locat ions of these   par t s  are shown schematically i n  
f igure  13. In   o rder   to  measure the   e f fec ts   o f  normal accelerat ion on 
the  longi tudinal   control  system, windup turns   ident ica l   to   those   descr ibed  
in   the  sect ion  ent i t led  "Characters i t ics   in   Accelerated  Fl ight"  were made 
a t  d i f f e ren t  Mach numbers and a l t i t udes ,  and the  data  obtained from these 
t e s t s   a r e   p re sen ted   i n   f i gu re  14. The pos i t ion  of the  st ick,   walking 
beam, structural   feedback  l inkage, and r igh t   s tab i l izer   in   t e rms  of an 
equivalent   s t ick  posi t ion are shown as a function of normal acceleration; 
that is,  the  various  l inkages were cal ibrated  in   terms of s t ick   angle  
so t h a t  on the  ground  under no load a l l  of the  curves would coincide. 
The difference between the  curves   in   f l ight   indicates   the  deformation 
occurring a t  various  points  in  the  control  system  in  terms of t h e   s t i c k  
angle which  would be r equ i r ed   t o  produce t h i s  motion  under a no-load 
condition. The r e s u l t s  of these   t es t s   ind ica te   tha t   a lmost  a l l  of the 
loading  effects  due to   accelerat ion  occur  between t h e   s t i c k  and the  
walking beam. There a re   s l igh t   d i f fe rences  between the   pos i t ion  of the  
walking beam and the  s t ructural   feedback  l inkage  but   these  effects  are 
small compared with  the  differences between t h a t  of t h e   s t i c k  and  walking 
beam. A comparison  between the  walking beam and the  motion of the  sta- 
b i l izer   a l so   ind ica tes   on ly   s l igh t   d i f fe rences  which  can  probably  be 
accounted  for  in  the  accuracy  of  the  instrumentation. It might  be  noted 
that   only  the  output  of the  structural   feedback  l inkage was measured  and 
t h a t  some compensation f o r  s t ruc tu ra l  motion  could  be  occurring  which 
would not  be  measured by the   ins t rumenta t ion   ins ta l led   for   these   t es t s .  
A p l o t  of the   d i f fe rence  between t h e   s t i c k  motion  used to   ob ta in  a given 
g and t h e   s t i c k  motion  which would have been  required t o  produce the  
same amount of s t ab i l i ze r   de f l ec t ion  on the  ground i s  shown in   f i gu re  15. 
Data are   presented  for  a l l  the   t es t   condi t ions  of Mach  number and dynamic 
pressure.  The resu l t s   ind ica te   tha t   acce le ra t ion   loads  on the  a i rplane 
cause  the  longi tudinal   control   system  to   def lect   the   s tabi l izer   an amount 
equivalent  to  about 0.90 of s t i c k  motion  per  g.  This  plot  also  indicates 
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that  the  amount  of  deflection  is  almost  independent  of  dynamic  pressure 
or Mach  number,  at  least  for  the  range  of  the  test  conditions. A s  
shown  by  the  previous  data  on  windup  turns,  the  most  serious  effects 
of  the  undesirable  control-system  motion  occur  at  Mach  numbers  around 
0.9 where  the  stabilizer  angle  per  g  is  the  smallest.  The  data  obtained 
from  these  tests  indicate  that  the  control-system  movement  due  to  defor- 
mation  results  from  bending of the  forward  portion of the  fuselage 
brought  about  by  inertia  loading  during  accelerated  maneuvers. 

It  might  be  noted  that  the  airplane  manufacturer  has  redesigned  the 
longitudinal  control  system  to  account  for  the  effects  of  fuselage  bending. 
The  change  to  the  control  system  has  not  as  yet  been  tested  by  the NASA, 
but  flight  tests  by  the  manufacturer  indicate  that  the  linkage  change  has 
alleviated  the  problem. 

In  the  performance  of  maneuvers  to  high  acceleration  some  marked 
changes  in  the  aerodynamic  stability  characteristics  were  found  to 
exist  at  the  higher  values  of  acceleration  at  Mach  numbers  of  about 
1.0, 1.1, and 1.2. These  decreases  in  stick-fixed  stability  can  be 
seen  in  the  data  in  figure 14 and  tend  to  aggravate  the  structural 
deformation  effects  at  the  higher  values  of  acceleration. 

Stability  derivatives  as  determined  from _ _ _  dynamic  stability  tests.- 
In  order  to  measure  the  dynamic  stability  characteristics  of  the  airplane, 
pulse  stabilizer  inputs  were  imposed  on  the  airplane  for  the  Mach  number 
range of the  airplane  at  an  altitude  of  approximately 35,000 feet.  The 
resulting  period,  time  to  damp  to  one-half  amplitude,  and  damping  ratio 
were  obtained  from  the  short-period  oscillation.  These  data  are  pre- 
sented  in  figure 16. 

- ." ~~ -~ " . . - - - - - - ~ ~ - ~ - " _ _ ~  -~ 

The  period  changed  from  about 2.3 seconds  at  M = 0.8 to  about 
1.5  seconds  at  M = 0.92 and  then  changes  slowly  to  about 1.0 second 
at  M = 1.4. The  time  to  damp  to  one-half  amplitude  varies  from  about 
1.25 seconds  at  low  Mach  numbers to about 0.8 second  at M = 1.44. The 
resulting  damping  ratio  decreases sharply from  about 0.20 at  M = 0.8 
to  about 0.17 at  M = 0.92, reflecting  the  large  change  in  stability 
at  Mach  numbers  around 0.9. The  damping  ratio  is  about  constant  at  a 
value  of  about 0.14 from  about M = 1.0 to 1.4. 

The  pilots  considered  the  damping  of  the  short-period  longitudinal 
oscillation  to  be  low  and  less  than  desired.  The  poor  damping  did  not 
materially  affect  the  performance  of  the  airplane  during  general  flying 
which  involved  only  gradual  maneuvers.  However,  the  lack  of  good 
damping  does  result  in  more  work  during  such  tasks  as  tracking  and  is 
particularly  bothersome  while  tracking  a  maneuvering  target.  Some  brief 
tests  regarding  the  tracking  capabilities  of  the  airplane  are  discussed 
subsequently. 

I. 
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The va r i a t ion   o f . s t ab i l i t y   w i th  Mach number as shown by  the param- 

e t e r  CnLL is presented  in  figure 17. This  parameter was obtained from 

the  per iod and damping data  by using the expression 1) 

cma = 

Also, shown i n  figure 17 i s  
+ %. These data were 

cmq 

the  summation of  the  rotary  derivatives 
obtained  from  the  formula 

cmq + C% = si-.(-) + CNa gj 
The l i f t -curve  s lope of the   a i rp lane  w a s  a l s o  measured  from the   a i rp lane  
short-period  oscil lation by measuring t h e  normal accelerat ion and angle 
of a t tack   dur ing   an   osc i l la t ion   in   p i tch .  The following  equation was 
used to   obtain  the  values  shown i n  figure 18: 

The l i f t -curve  s lope  appears   to   reach a maximum of 4.5 per  radian at 
M = 0.92. The slope  decreases  gradually above M = 0.92 t o  about 
3 .O per  radian a t  M = 1.4.  The var ia t ion  of static margin dCm/dCn 
with Mach  number as obtained  from  the  measured  values  of C and C 

i s  presented   in   f igure  19. The airplane has a s t a t i c  margin  of  about 
17.5 percent c' a t  Mach numbers from 0.76 t o  0.85 and then changes 
rapidly  to   about  30 percent a t  M = 0.96. A s  t he  Mach number increases,  
t h e   s t a t i c  margin  gradually  increases t o  about 33 percent E at  

ma Na 

M = 1.44. 

Direc t iona l   S tab i l i ty  and Control 

S t a b i l i t y  and con t ro l   cha rac t e r i s t i c s   i n   s ides l ip . -   S ides l ip   da t a  
were obtained  in  the  clean  condition at a l t i t u d e s  of approximately 
35,000 f e e t  and  20,000 feet .  Also, s ides l ip   da ta  were obtained  for   the 
landing  configuration a t  airspeeds of  200  and  150  knots at 8,500 feet .  
The maneuvers  were made a t  nearly  constant  velocity.  The rudder was 
used to   i nc rease   s ides l ip   i n  one d i r e c t i o n   u n t i l  a maximum def lect ion 
w a s  reached;  then,  the  controls were r e tu rned   t o   neu t r a l  and t h e  same 
procedure was used  in  the  other  direction.  Sideslip data at several  
t e s t   a l t i t u d e s  and Mach numbers are   presented  in  figure 20. The data  
consis t  of plots   of   control-surface  posi t ions  for   the  a i leron,   rudder ,  
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and horizontal  t a i l  and the   p i lo t s '   cont ro l   forces   necessary  t o  hold 
these  posi t ions as a function of sideslip  angle.  The a i l e ron  and rudder 
control-surface  posi t ions  var ied  l inear ly   with  s idesl ip  and were i n   t h e  
stable  direction  throughout  the Mach  number range of  the tests. The 
s tabi l izer   posi t ion  did  not   vary  with  s idesl ip .  The rudder  pedal  force 
was l inear   wi th   s ides l ip   angle  and the   a i le ron   force   re f lec ted   the  non- 
l i nea r   r e l a t ionsh ip  between s t i c k  and ai leron  def lect ion.  The maximum 
a i le ron   force  w a s  generally less than 10 pounds. The maximum peaal  
force w a s  between 150 and 200 pounds f o r  maximum rudder  deflection. 

P lo t s  of - d6r and - 
dP  dP 

d6a for   var ious Mach numbers a t  a l t i t u d e s  of 

approximately 35,000 f e e t  are presented i n  f igure  21. The increase   in  

- above Mc = 1.0 indicates  a decrease  in   a i leron  effect iveness ,  dEa 
dP 
as shown i n  a subsequent  section, and a possible  increase i n  t h e   r o l l i n g  

moment due t o   s i d e s l i p .  The parameter - also  increases  a t  Mach 

numbers above Mc = 1.0. The increase  in   this   parameter  i s  due mainly 
t o  a large  reduction  in  rudder  effectiveness a t  supersonic  speeds. 

dfjr 
dP 

Sidesl ip   data   for   the  landing  condi t ion  are   presented  in  figure 22. 
Data are presented  for   three  different   a i rspeeds which represent a 
spread  in  normal-force  coefficient from 0.44 t o  0.99. In   the  landing 
configuration  the  available  rudder  travel i s  increased   to  +lTO. The 
control-surface  posit ions show a l inear   var ia t ion   wi th   s ides l ip   for  
moderate  angles of s ides l ip .  The rudder  force  has a l inear   var ia t ion  
wi th  s ides l ip  and the   a i le ron   force   re f lec ts   the   nonl inear   var ia t ion  of 
a i leron  def lect ion  with  s t ick  displacement .  The amount of a i le ron  and 
rudder  deflection  per  degree of s idesl ip   in   the  landing  configurat ion 
i s  larger   than tha t  shown for   the   c lean   condi t ion   ( f ig .  20) a t  the 
lowest Mach numbers. A t  the  highest  normal-force  coefficient 
( f ig .   22(c) )   there   appears   to   be  some decrease  in   the  direct ional  sta- 
b i l i t y  and t h e   r o l l i n g  moment due t o   s i d e s l i p  is somewhat greater  as 
evidenced by the   var ia t ion  of rudder  angle and a i l e ron  angle with  s ide-  
s l i p .  Also, there  i s  an  increase  in  pitching moment due t o   s i d e s l i p  
as shown by the   var ia t ion  of stabil izer  angle.   This  condition  did  not 
ex i s t  a t  the  lower  normal-force  coefficients.  Although figure 22 does 
not show t h a t  the  maximum ai leron  def lect ion is  reached,  the  pilots 
noted  that  maximum ai leron  def lect ion was reached  before maximum rudder 
def lect ion.  

Roll  performance.-  Although most of the  regimes of f l i g h t  of t he  
airplane have been  covered, no de ta i led   f l igh t   s tudy  has yet  been made 
of t h e   r o l l i n g  performance  of  the  airplane.  Results from a preliminary 
study  of r o l l  performance  based on data  obtained  from Chance Vought 
Aircraf t ,   Inc.  and some f l i g h t   d a t a   f r o m t h e  Langley Flight  Research 
Division  are  presented. It should  be  noted that the  data  presented 
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W A  data  show s l igh t ly   h igher   ro l l ing   ve loc i t ies .  The da ta  of f igure  24 
show t h a t  below M = 1.0 over most  of the  usable  range  of  al t i tude  the 
test  airplane  can meet the proposed ro l l   spec i f ica t ion   of  goo i n  1 second. 

S tab i l i ty   der iva t ives  and  other measurements determined  from dynamic 
s t a b i l i t y  tests.- The dynamic lateral d i r ec t iona l   s t ab i l i t y   chasac te r i s -  
t i c s  were obtained by making pulse-type  inputs  with  the  rudder and then 
measuring the  ensuing  oscil lations.  These t e s t s  were performed at an 
a l t i t ude  of about 35,000 feet a t  various Mach numbers wi th   t he   s t ab i l i -  
zation  systems on and o f f .  The period, time t o  damp t o  one-half  ampli- 
tude, and the  damping r a t i o  as a function of Mach number obtained from 
these   t es t s   a re   p resented   in   f igure  25. The period  for  the  case of 
s t ab i l i za t ion  system on var ies  from 2.6 seconds a t  M = 0.76 t o  about 
1.8 seconds at M = 0.95. From M = 0.95 t o  M = 1.3 the  period is  
almost  constant at about 1.75 seconds.  There  appears t o  be a tendency 
for   the   per iod   to   increase   s l igh t ly   as   the  Mach  number i s  increased 
beyond 1.3 but   there   a re   insuf f ic ien t  data t o   e s t a b l i s h   t h i s   t r e n d .  
The pilot   opinion of the  damping  of t he   l a t e ra l   d i r ec t iona l   o sc i l l a t ion  
indicated that the damping was adequate for  large  amplitude  disturbances 
but  the damping was considered  poor when small disturbances  or  changes 
i n  trim occur. The change i n  damping with  amplitude may result from 
backlash  in  the yaw damping system  which has been improved i n   l a t e r  
versions of th i s   a i rp lane .  The period  for  the  case of the   s tab i l iza-  
t i on  system  off  exhibits  the same trends as that fo r   t he   s t ab i l i za t ion  
system on, the  period  being  about 0.1 t o  0.2 second  longer i n  most 
cases. The time t o  damp t o  one-half  amplitude and the damping r a t i o  
show the marked e f f ec t s  of the  stabil ization  systems. With the  stabi- 
l i za t ion  system on the  time t o  damp t o  one-half  amplitude 16 f a i r l y  
constant  at  about 1 second up t o  M = 1.3 and the damping r a t i o   v a r i e s  
from  about 0.27 at  M = 0.76 t o  about 0.18 at  M = 1 . 3 .  Here again 
there  appears  to be a trend toward increased  time t o  damg t o  one-half 
amplitude a t  Mach numbers above 1.3 .  The stabilization-system-off  case 
shows the  t ime  to damp t o  one-half  amplitude  varies from  about 2 .1  sec- 
onds a t  M = 0.82 t o  about 1.5 seconds a t  M = 1.37 and the  damping 
r a t i o  is about  constant a t  0.13 t o  0.15. The pi lots   considered  the 
damping of t h e   l a t e r a l   d i r e c t i o n a l   o s c i l l a t i o n   t o   b e  poor with  the 
s t ab i l i za t ion  system of f .  

The ro l l - to - s ides l ip   r a t io s  measured during  the  la teral   d i rect ional  
osc i l la t ions   a re   p resented   in  figure 26. The s t ab i l i za t ion  system 
decreases   the  rol l - to-s idesl ip   ra t io  a t  a l l  Mach numbers throughout  the 
speed  range. The percent  decrease is  greatest  at Mach numbers from 
about 0.73 t o  1.13. Above M = 1.13 t he   s t ab i l i za t ion  system has less 
ef fec t  on the   ro l l - t o - s ides l ip   r a t io   bu t   t he   r a t io  is still less than 
with  the  s tabi l izat ion system of f .  The p lo t  of the  reciprocal  of the 
cycles t o  damp t o  one-half  amplitude as a flmction of the  parameter A 

ve 
is  shown i n  figure 27. The requirements as s e t   f o r t h ' i n   r e f e r e n c e  11 - .. . .  
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fo r   t he   s t ab i l i za t ion  system  both on and of f   a re   a l so  shown in   t hese  
p lo t s .  The airplane  meets  the  requirements  in a l l  cases  both w i t h  the 
s t ab i l i za t ion  system on and of f .  The p i l o t s   f e l t  that the ro l l - to-  .. 
s i d e s l i p   r a t i o  was high  although  not  too  objectionable. They f e l t  that 
these  high  ra t ios  would not  be a serious  factor  during most f l i g h t  con- 
d i t i ons  and  would  only  be  noticed i n  maneuvers made spec i f i ca l ly   t o  
measure th i s   cha rac t e r i s t i c .  

The s ta t ic   direct ional-s tabi l i ty   parameter  was determined CnB 
from the  period and damping data by the  following  expression: 

The values of Cn obtained  in this manner f o r  the case of s t ab i l i za -  

t i o n  system  off  are  presented  in  figure 28. The data indicate  that 
B 

CnP 
varies  from  about 0.14 per  radian at M = 0.83 t o  0.185 per  radian 

a t  M = 0.93 and then  decreases  gradually t o  about 0.10 per  radian at 
M = 1.3. The direct ional-s tabi l i ty   parameter   decreases   to  a low value 
of about 0.08 per  radian a t  Mach numbers around 1.4.  

The var ia t ion  of side-force  coefficient  with  sideslip  angle 
cyB 

was determined  from the following  expression: 

The resu l t s   ob ta ined   a re   show  in   f igure  29. The side-force  coefficient 
C has very l i t t l e   v a r i a t i o n  wi th  Mach number, remaining at a value of 

about -0.8 throughout the Mach  number range. Only those  data  for  the 
s t ab i l i za t ion  system  off  are  presented. 

YP 

Trim Systems 

The t e s t   a i r p l a n e   u t i l i z e s  a posit ional  type of servocontrol  in 
the  longitudinal t r i m  system; that is, the  p i lo t   pos i t ions  a  wheel on 
the   s t i ck  which c a l l s   f o r  a given  stabilizer  displacement. This is  i n  
cont ras t   to  a conventional "beep"  system i n  which the t r i m  actuator 
moves a t  a constant   ra te  and stops moving  when the   p i lo t   re leases   the  
trim control.  Also, since  the  s t ick has the  same neut ra l   pos i t ion   for  
a l l   cond i t ions  of f l i g h t ,   t h e   p i l o t  i s  requi red   to  move the   s t i ck  back 



toward neut ra l  as the  a i rplane i s  trimmed. The main pi lot   object ions 
t o   t h e  trim system would seem t o  result from t h e . f a c t  that t h e   f i n a l  
trim posi t ion of t he   s t ab i l i ze r  is not  reached when the   p i lo t   s tops  
the motion  of the trim wheel.  Because  of this time  delay i n  stabil izer 
motion  and the   i nab i l i t y   t o   an t i c ipa t e   t he  final r e s u l t  of  the trim 
correc t ion ,   the   p i lo t   resor t s   to  making minute  adjustments of t he  t r i m  
wheel. As a result, t h e   p i l o t  i s  required  to   use a great   deal  of  con- 
centration  not  normally  associated  with a conventional trim system. 
The trim procedure is  fu r the r  complicated  by  the  nonlinear  stick-to- 
s tab i l izer   re la t ionship .  

Time h i s to r i e s  which i l l u s t r a t e   t h e   p i l o t ' s  trim procedure  are 
shown in   f i gu re  30.  The first case  ( f ig .  3O(a)) i s  one i n  which the 
pi lot   a t tempted  to  trim the   a i rp lane   rap id ly   in  a f l i g h t  regime where 
the  airplane is  s e n s i t i v e   t o  small control  motions. The figure shows 
the  large  osci l la t ions that resu l t .   I n   t he  second  case (f ig .   3O(b))  
t h e   p i l o t  used a t r i m  procedure more typ ica l  of the normal technique 
used.  In  this  case, no large  trim  inputs  are  used and the   r a t e  of t r i m  
is minimized. However, even  under these  condi t ions  the  a i rplane  osci l -  
lates  in  pitch.   In  both  cases,   the  t ime  history of s t ick   pos i t ion   ind i -  
ca tes   the   p i lo t s  moved the   s t i ck  i n  a s e r i e s  of s teps .  

On seve ra l   f l i gh t s ,   t he   p i lo t s  used the emergency t r i m  system 
which i s  a  "beep" type of trim control.  All t h e   p i l o t s   f e l t  that t h i s  
system may be  an improvement over the  present  system. However, since 
the  control   for   the emergency system i s  located on the  lef t   console  
and not on the   s t ick ,  it is  hard t o  make a comparison. 

In   the  landing  configurat ion  the  pi lots  found it d i f f i c u l t   t o  make 
the  large trim changes required  during  the  landing  approach.  This com- 
ment i s  a r e s u l t  of the   l imi ted   ra te  of t r i m  actuat ion  avai lable   in  
the system. The pilots  noted  that   they had t o  w a i t  several  seconds 
before  being  able  to  determine how  much trim had been  applied and, as 
a result ,   ei ther  overshot  or  undershot  the  desired t r i m  posi t ion.  

The p i lo t s   cons ider   the   l a te ra l  trim system  poor  because of the 
d i f f i cu l ty   r equ i r ed   t o  trim precisely.  This t r i m  system is a l so  com- 
p l ica ted  by the  nonlinear  gearing between the   s t i ck  and ai lerons.  The 
l a t e r a l  trim system is  par t icu lar ly  bothersome i n  maneuvers such as 
tracking or  when small di rec t iona l  t r i m  changes  occur  such as i n   t h e  
transonic speed  range. These d i rec t iona l  t r i m  changes  cause  dispropor- 
t i ona te ly   l a rge   l a t e ra l  t r i m  changes  because  of  the  large  roll-to- 
s i d e s l i p   r a t i o s  and the   e f fec ts  of the  nonlinear  gearing. The p i l o t s  
considered  the  directional trim system sa t i s fac tory  and easy t o  use. 

The stick-force changes  which  occur when making changes i n  power, 
dive  f lap  posit ion,   cruise-droop  posit ion,  and wing or  gear  posit ion 
are  considered  desirably low. There a re  some ra ther   l a rge  trim changes 
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when making afterburner  take-offs and  attempting  .to 
mended climb  speed as rap id ly  as possible.  A l a rge  
change  occurs when changing a l t i t u d e  from sea l e v e l  
If a rap id  climb t o  h igh   a l t i tude  is made, t he  trim 

reach   the  recom- 
d i r ec t iona l   t r im  
t o  about 35,000 feet. - 
change is i n i t i a l l y  

not as large.  The f i n a l  trim change, however, i s  the  same i f  the  high 
a l t i t u d e  is  maintained  for any length  of time. This trim change is  
common t o   t h i s   a i r p l a n e  and is  thought t o  be a r e s u l t  of contraction 
of var ious   par t s  of the  rudder  control  system as they are exposed t o  
the  colder  a i r  a t  high  a l t i tudes.  

Some Brief Measurements of  the  Formation and 

Tracking  Performance  of  the Test A i r p l a n e  

The formation  f l ight   character is t ics   appear  good i n   t h e  range  of 
f l i gh t   cond i t ions   t e s t ed  - that is, a t  Mach numbers about 0.9 at  a l t i -  
tudes from 10,000 t o  35,000 feet. The tracking  accuracy  of  the  airplane 
appeared t o  be  adversely  affected by the  poor damping of the  longi tudi-  
na l  and lateral  osc i l l a t ions .  These opinions are based on some b r i e f  
tests of tracking a subsonic  airplane a t  an a l t i tude   o f  35,000 fee t   wi th  
the   t a rge t   a i rp lane   f ly ing  a t  M = 0.8 and the  tes t  a i rp lane   f ly ing  at 
M = 0.8 and M = 1.2. The average  s tandard  deviat ion  for   the  f l ights  
made a t  subsonic  speeds was 3.3 mils in  both  azimuth and e l e v a t i o n   i n  
a steady t a i l  chase.  These  values  increased  to 5.0 m i l s  i n  azimuth  and 
6.2 m i l s  i n   e l e v a t i o n   i n   t r a c k i n g  a t a r g e t  maneuvering a t  steady g. 
A t  the  supersonic  speed  of M = 1 . 2   i n  a steady t a i l  chase,  the  standard 
deviation measured w a s  2.3 mils i n  azimuth  and 2.1 mils in   e leva t ion .  No 
t e s t s  were made i n  maneuvering f l i g h t  a t  supersonic  speeds. The standard 
deviat ion  values   for   the tes t  a i rplane may be compared with  those  for  a 
typical  straight-wing  subsonic  airplane  which is  considered t o  have good 
t racking   charac te r i s t ics .  The standard  deviation  values  for  the  subsonic 
a i rplane are 1.7 m i l s  i n  azimuth  and  2.2 m i l s  i n   e l eva t ion  i n  a steady 
t a i l  chase  and 3.8 m i l s  i n   e l eva t ion   i n   s t eady   t u rns .  It can  be  seen 
tha t   the   t rack ing   charac te r i s t ics   o f   the  tes t  a i rplane are somewhat infe-  
r i o r   t o   t hose   o f   t he   subson ic   a i rp l ane   bu t   t he   t ac t i ca l   u se  of the  air-  
plane and the  type of weapons t o  be  used would have t o  be  considered 
before making any definite  conclusions  regarding  the  tracking  performance. 

Measurements  of  Loads i n   t h e  Variable-Incidence-Wing 

S t ru t  During Operation  of  the Wing 

The t e s t   a i r p l a n e  has a two-position  variable-incidence wing which 
is s e t  a t  -1' f o r  normal f l igh t   condi t ions  and r a i s e d   t o  7' i n   t h e  
landing  condition. The wing i s  operated  by  a .s ingle   hydraul ic   s t rut  
( f i g .  1) which is  capable of exerting  about 2,000 pounds fo rce   i n   t he  
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. 
.do&  cycle.   might  operations of the  a i rplane have indicated that the 
force  available at t h e   s t r u t  i s  r tkrginal   in   the down cycle. Yl an e f f o r t  
to   es tab l i sh   the   loads  on the  strut   during  the  operation of jhe variable- 
incidence wing, a s t r a i n  gage was ins ta l led  at the  base of t he   s t ru t .  
The forces measured  by th i s   ins ta l la t ion   a re   es t imated   to   be  accurate 
to   wi th in  flOO pounds. 

Operation of the  variable-incidence w i n g  i n  several   conditions i s  
shown i n   f i g u r e s   3 l t o  34, and operation of the  leading-edge droop t o  
the  cruise  and landing  positions  with  the wing in   the   c lean   pos i t ion  
i s  shown i n  figures 35 and 36. Finally,  operation of the wing with 
the  droop  locked in  the  landing  condition is shown i n  figure 37. The 
r e s u l t s  of these   t es t s   ind ica ted  that it is  necessary t o  maintain  the 
leading-edge  droop in   the  cruise   posi t ion  during  the down cycle t o  keep 
the  s t rut   loads  within  the  capabi l i t ies  of the  hydraul ic   s t rut .  The 
time  history of f igure 34 shows that the  loads  in  the  strut   reach  about 
2,200 pounds with  the  cruise droop  up. The load is  decreased  by  about 
300 pounds when the droop is  in   the   c ru ise   pos i t ion   ( f ig .  35). Because 
of the  large  effect  of  droop posi t ion on the   s t ru t   loads ,   t es t s  were 
made w i t h  the  droop  locked in  the  landing  condition  throughout  the wing 
cycle. These t e s t s   ( f i g s .  36 and 37) showed tha t   the   s t ru t   loads   a re  
decreased  by  about  1,300 pounds when the droop is  def lec ted   to   the  
landing  position and that t h e   s t r u t  load during a wing-down cycle  does 
not  exceed TOO pounds. 

In   o rde r   t o  circumvent the problem described  previously,  the manu- 
facturer  has redesigned  the  hydraul ic   actuat ing  s t rut   to   increase  the 
output  force of t he   s t ru t   i n   bo th   t he  wing-up and wing-down cycles. 

CONCLUDING REMARKS 

F l igh t - tes t  measurements  have  been made of the   f ly ing   qua l i t i es  
and some of the   s tab i l i ty   der iva t ives  of a supersonic  f ighter  airplane.  
I n  addition,  pilot   opinion of various  aspects of the  handling  quali t ies 
is presented. The f l i g h t   t e s t s  cover a range of Mach  numbejrs  up t o  1.5 
and an  alt i tude  range from sea   l eve l   to  35,000 f e e t .  

The damping of the  short-period  longitudinal  odcil lation is  low 
and together  with somewhat poor damBing of small amplitude l a t e r a l   o s c i l -  
l a t i ons  resulb i n   r e l a t i v e l y  poor  tracking performance of the  a i rplane 
at subsonic  speeds. The airplane  in  the  opinion of t h e   p i l o t s  has high 
roll-to-yaw  ratios; however, the  a i rplane meets the  roll-to-yaw  specifi- 
cations of the  present  flying-qualities  requirements. The longitudinal 
f e e l  system is  considered good by the  pi lots ,   but  some of the  longi tudinal-  
control-system  characterist ics  result  i n  poor  handling  qualities.  In 
par t icular ,   the   nonl inear   re la t ionship between the   s t i ck  and s t a b i l i z e r  . .  .. . 
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results  in  the  airplane  being  tod..iqsensitive  for  .all  indicated  airspeeds 
up to about 500 knots.  Even  above  these  airspeeds,  it  appears  as  though 
a more  linear  stick-to-stabilizer  gearing  would  be an improvement. In 
accelerated  maneuvers,  structural  deformation  of  the  airplane  results 
in motion  of  the  stabilizer  without a corresponding  motion  of  the  stick. 
This motion  causes  the  apparent  stick-fixed  stability  as  measured  by 
the  stick  position to become  less  stable  and  in  some  flight  conditions, 
where'  the  stabilizer angle per g is U, the  airplane  stability  varies 
from  neutral  to  unstable.  The  pilots  dislike  the  longitudinal  trim 
system  because  of  the  difficulty  experienced  when w i n g  to  trim  pre- 
cisely and the  overshoot  which  occurs  when making large  or  rapid trim 
corrections. 

. 

Langley  Research  Center, 
National  Aeronautics  and  Space  Adminiskration, 

Langley  Field,  Va., Ma;y 19, 1958. 
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TABLE 1 . . PERTINENT CHARACTERISTICS OF TEST  AIRPLANE 

3 
? 
I . 

Wing (not  including  leading-edge  chordlextension): 
Area. sq f t  . . . . . . . . . . . . . . . . . . . . . . . . .  375 

A s p e c t r a t i o  . . . . . . . . . . . . . . . . . . . . . . . .  3.4 
T a p e r r a t i o  . . . . . . . . . . . . . . . . . . . . . . . . .  0.247 

. Span. f t  . . . . . . . . . . . . . . . . . . . . . . . . . .  35.67 

Sweepback of  quarter-chord  line.  deg . . . . . . . . . . . .  42.0 
Dihedral.  deg . . . . . . . . . . . . . . . . . . . . . . . .  -5.0 
Geometric w i n g  incidence.   re la t ive  to   fuselage 

reference  l ine:  
Cruise and high speed.  deg . . . . . . . . . . . . . . . .  -1.0 
Take-off  and  landing.  deg . . . . . . . . . . . . . . . . .  7.0 

Wing-hinge-point  location.  percent mean geometric  chord . . .  39.58 
Mean geometric  chord.  in . . . . . . . . . . . . . . . . . . .  141.4 
Ai r fo i l   s ec t ion   pa ra l l e l   t o   p l ane  of symmetry: 

Wing root  . . . . . . . . . . . . . . . . . . . . . .  NACA 65~006 
Wing t i p  . . . . . . . . . . . . . . . . . . . . . .  NACA 65AoO5 

Inboard  section: 
Deflections of leading-edge  droop: 

Landing  and  take.off. deg . . . . . . . . . . . . . . . .  25 
Cruise. deg . . . . . . . . . . . . . . . . . . . . . . .  6.75 
Highspeed. deg . . . . . . . . . . . . . . . . . . . . .  0 

Outboard section: 
Landing  and  take.off. deg . . . . . . . . . . . . . . . .  27 
Cruise. deg . . . . . . . . . . . . . . . . . . . . . . .  7.0 
Highspeed. deg . . . . . . . . . . . . . . . . . . . . .  0 

Chord-extension  area  (both  sides).  sq f t  . . . . . . . . . .  10.33 
Center-section  inboard  flaps: 

Area (both  s ides) .  sq f t  . . . . . . . . . . . . . . . . .  13.44 
Deflection  for  landing and  take.off.  deg . . . . . . . . .  20.0 
Deflect ion  for   cruise  and high  speed.  deg . . . . . . . . .  0 

Chord. percent  of wing chord: 
Ailerons : 

Outboard . . . . . . . . . . . . . . . . . . . . . . . .  28.0 
Inboard . . . . . . . . . . . . . . . . . . . . . . . . .  -23.5 

k e a .  sq f t  . . . . . . . . . . . . . . . . . . . . . . . .  20.78 
‘Deflect  ions : 

High speed  and  cruise. deg . . . . . . . . . . . . . . .  k13 

Both  ailerons  drooped as f laps .  deg . . . . . . . . . .  20 

.. ” 

Take-off  and  landing: 

A6 a i lerons.  deg . . . . . . . . . . . . . . . . . . .  +45-15 
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TABLE I.- PERTINENT CHARACTERISTICS OF TEST AIRPLANE . Concluded 

Vertical  stabilizer  (based  on  area  extending  to  horizontal 
tail  center  line.  not  including  dorsal): 
Area. sq ft . . . . . . . . . . . . . . . . . . . . . . . . .  109 
Span.  ft . . . . . . . . . . . . . . . . . . . . . . . . . .  12.75 
Aspect  ratio . . . . . . . . . . . . . . . . . . . . . . . .  1.5 
Sweepback  of  quarter-chord  line.  deg . . . . . . . . . . . .  45.0 
Taper  ratio . . . . . . . . . . . . . . . . . . . . . . . . .  0.25 
Mean  geometric  chord.  in . . . . . . . . . . . . . . . . . . .  114.8 
Tail  length.  from 28 yo wing  mean  geometric  chord  to 
Airfoil: 
25 yo vertical-tail  mean  geometric  chord.  in . . . . . . . .  168.9 
Waterline . . . . . . . . . . . . . . . . .  Modified  NACA 65A005.3 
Tip . . . . . . . . . . . . . . . . . . . .  Modified  NACA  65AOO4 

Rudder : 
Area.  sq  ft . . . . . . . . . . . . . . . . . . . . . . . . .  12.56 
Chord.  constant.  in . . . . . . . . . . . . . . . . . . . . .  21.28 
Maximum  deflections: 
High  speed  and  cruise.  deg . . . . . . . . . . . . . . . .  k6.0 
Take-off  and  landing.  deg . . . . . . . . . . . . . . . . .  k17.0 

Horizontal  stabilizer  (based  on  area  extending  to  fuselage 
center  line): 
Area. sq ft . . . . . . . . . . . . . . . . . . . . . . .  
Span.  ft . . . . . . . . . . . . . . . . . . . . . . . .  
Aspect  rat  io . . . . . . . . . . . . . . . . . . . . . .  
Taper  ratio . . . . . . . . . . . . . . . . . . . . . . .  
Sweepback  of  quarter-chord  line.  deg . . . . . . . . . .  
Geometric  dihedral.  deg . . . . . . . . . . . . . . . . .  
Mean  geometric  chord.  in . . . . . . . . . . . . . . . . .  
Tail  length.  from 28% wing  mean  geometric  chord  to 

Maximum  deflections: 
25y0 horizontal-tail  mean  geometric  chord.  in . . . . .  
Trailing  edge  down.  deg . . . . . . . . . . . . . . . .  
Trailing  edge  up.  deg . . . . . . . . . . . . . . . . .  
Root . . . . . . . . . . . . . . . . . . . . . . . .  
Tip . . . . . . . . . . . . . . . . . . . . . . . . .  

Airfoil: 

. . 93.4 

. .  18.1 . .  3.5 . . 0.148 . .  45 . . 5.417 . . 73.4 

. . 200.6 

. .  8 

. .  32 

NACA 65~006 
NACA 65A004 
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1 I 

U 

(a)  Three-quarter front view. L-57-2099 

Figure 1.- Test  airplane  in  the  take-off and landing  configuration. 
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(b) Rear view. L-57-2102 

Figure 1.- Concluded. 
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L J 

Figure 2.- Three-view drawing of the test airplane. All dimensions a r e  i n  inches. 
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(a)  Aileron  control  system,  clean  condition. 

Figure 3 . -  Characterist ics of the  a i leron and rudder  control  systems as 

measured on the  ground. La tera l   s t ick   l ength  = 18- inches. 3 
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(b) Aileron control system,  landing  condition. 

Figure 3 . -  Continued. 
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(c) Rudder control system. 

Figure 3.- Concluded. 
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Figure 4.- Characteristics of the longitudinal control system showing 
the variation of stick force and  stabilizer  deflection with stick 
displacement. Longitudinal stick length = 22 inches. 3 



0 NASA Flight Data Point 

- .c - Calculated Using 
Ref. 17 Fig No. 17 

Chance TTought data 

Calibrated Mach Number Mc - Mi + AM 

040 .50 . 60 70 .80 .90 1.00 1.10 
- 

Indicated Mach number, 

Figure 5.-  Mach  number cal ibrat ion used to  correct  indicated Mach  number to   ca l ibra ted  Mach num- 
ber.  Calibration  does  not  exist between M i  = 0.96 and M i  = 1.00 (shown  by short-dash 
l i n e )  . 
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Figure 6.- Variation of s tabi l izer   posi t ion and stick  force  with  calibrated Mach number. 
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(b) 35,000 feet. 

Figure 6.- Concluded. 
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Calibrated airspeed , knots 
. .  

Figure 7.- Variation of horizontal stabilizer position  required  for trim with  calibrated air- 
speed in  the  landing  condition. 
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Norm1 acceleration, g units 

(a) M, = 0.90; a l t i t u d e  = 35,500 feet;   cruise  droop down. 

Figure 8.- Variation of longi tudina l   s t ick   pos i t ion ,   s t ick   force ,  and 
horizontal  s tabi l izer  posit ion  with normal acceleration.  Tests made 
i n  windup turns .  
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12 
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0 1 2 3 4 5 

Normal. acceleration, g u n i t s  

(b) Mc = 1.35; a l t i t u d e  = 29,700 feet ;   cruise  droop up. 

Figure 8.- Concluded. 

I 



40 

20 

10 

0 

0 1 2 3 & 
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Figure 9.- Variation of longitudinal stick position, stick force,  and 
horizontal stabilizer position with normal acceleration.  Tests  made 
in windup turns with cruise  droop up  at a Mach number of 0.90 and 
and  altitude of 14,400 feet. 
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Figure 10.- Summaxy plot  of the  variation of horizontal-tail  deflection  per g as a function of 
Mach  number f o r  several   al t i tudes and the two cruise-droop  positions. 
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(a) M, = 0.98; a l t i t u d e  = 34,900 f e e t .  

Figure 11.- Time h i s t o r i e s  of rapid  pull-up and  hold  maneuvers. 
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(b) Mc = 0.93; a l t i t u d e  = 13,760 f ee t .  

Figure 11.- Concluded. 
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1 2  

0 .h .8 1.2 1.6 2 .o 
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Normal acceleration, g units 

(a) Vc = 140 knots; a l t i t u d e  = 5,000 f e e t .  

Figure 12.- Var ia t ion   o f   longi tudina l   s t ick-pos i t ion ,   s t ick   force ,  and 
hor izonta l   s tab i l izer   pos i t ion   wi th  normal acce lera t ion   in   the  
landing  condition. 
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Normal acceleration, g u n i t s  

(b) V, = 197 knots;   al t i tude = 11,000 f e e t .  

Figure 12. - Concluded. 



Damper 

Walking beam 

Figure 13.- Schematic  drawing of the  longitudinal  control  system of the  test  airplane.  The 
enlarged  drawings  indicate  the  areas  where  measurements  were  made. An asterisk  on  the  link- 
age  indicates  the  point  at  which  the  measuring  instrument  was  attached. 
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% = 1.208 

VI = 443.5 
qi = 746 

Ha = 34,300 

M, = 1.134 
q, = 547 
VI =385 
HpL = 37,325 

M, F 1.C 
qi = 423 
vi = 341.5 
Hpi = 34,400 

M, = 0.953 
q, = 387 
vi = 280 
ti - :lb,9W Pi - 

M, = 0.342 
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vi = 281 
Hpi = 35.1% 

llnrmal accelerallon, g 

(a) Alt i tude = 35,000 f e e t .  

Figure 14.-  Variation of longi tudinal   s t ick  posi t ion,   walking beam l ink-  
age  posit ion,   structural   feedback  l inkage  posit ion,  and r igh t   hor i -  
zon ta l   s t ab i l i ze r   pos i t i on   w i th  normal accelerat ion.   Tests  made i n  
windup turns  for various Mach numbers a t  a l t i t u d e s  of approximately 
35,000 f e e t  and 20,000 feet .  
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(b) Altitude = 20,000 feet. 

Figure 14.- Concluded. 

Me = 0.990 
Si = 788 
Vi = 454.5 
Hpi = 20,325 

Mc = 0.936 
Q = 719 
V i  = 436 
Hpi = 19,475 

Mc = 0.886 
qi = 606 
Vi = 403.5 
Hpi = 20,580 



tP  

. 
49 

co d 

6 

5 

L 

3 

2 

1 

0 

0 .842 
.I398 

cli 
280 
3 23 
3 67 
423 
746 
547 
636 
719 
788 

1 2 3 4 5 

Normal acceleration, g 

15.- Summary plot of the  structural  deformation  effects  on  the 
longitudinal  control  system  as  shown  by  the  variation of the  deforma- 
tion  effects  in  terms  of  stick  angle  with  normal  acceleration  as 
determined  by  the  relative  motion  between  the  right  horizontal  sta- 
bilizer  and  the  longitudinal  stick  position. 
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Figure 16.- Characteristics  of  the  short-period  longitudinal  oscilla- 
t i o n s  showing  the  variation  of  the  period,  time  to  damp  to  one-half 
amplitude,  and  damping  ratio  as  a  function of Mach  number at an 
altitude of approximately 35,000 feet. 
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Figure 17. - Variation of C and (2% + Cm  with  Mach number as ma 9 
determined from the period  and  damping data presented in figure 16. 
Data obtained at an altitude  of approximately 35,000 feet. 
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Figure 18.- Variation  of CN with Mach number  as  determined  from  the  flight  test  data.  Data 
obtained  at an altitude  of  approximately 35,000 feet. 
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Figure 19.- Variation of aerodynamic-center  location  with  Mach  number  as  obtained  from the flight 
test  data.  Data  obtained  at  an  altitude  of  approximately 35,000 feet. 
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(a)  Mc = 0.83; a l t i t u d e  = 35,000 f e e t .  
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Figure 20.- Stat ic   direct ionaL  s tabi l i - ty  and control   character is t ics  of 
t he   t e s t   a i rp l ane  as indicated by the   var ia t ion  of control   posi t ions 
and forces   with  s idesl ip   angle   for   var ious Mach numbers a t  a l t i t u d e s .  
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Figure 20.- Continued. 
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(c) Mc = 0.83; altitude = 21,000 feet. 

Figure 20.- Concluded. 
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(a) V = 200 knots;   al t i tude = 8,500 f ee t ;  CN = 0.44; ai,f = -0.84'; 
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. 

Figure 22.- S t a t i c   d i r e c t i o n a l   s t a b i l i t y  and control   character is t ics  of 
the   t es t   a i rp lane   in   the   l anding   condi t ion  as indicated by the  var ia-  - 
t i o n  of control   posi t ions and forces   with  s idesl ip   angle  f o r  three 
airspeeds. - 
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( c )  V = 138 knots; a l t i t u d e  =- 3,300 feet; CN = 0.99; ai,f = 10.1O; 

a i , w  = 17.1O. 

Figure 22.- Concluded. 
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Figure 24.- Plot of the  calculated  and  measured  values of the  time  required  to roll through  a 
90' angle  of  bank  using  maximum  aileron  deflection  as  a  function  of  altitude  and  Mach  number. 
Numerals  designate  time  in  seconds  to roll through  a 90' angle of bank. 
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Mach Number 

Figure 25.- Characteristics of the lateral directional oscillations 
showing the period, time to damp to one-half  amplitude, and damping 
ratio as a function of Mach number at an altitude of approximately 
35,000 feet. The data are presented for the stabilization system 
both on - and off. 
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Figure 26. - Roll-to-yaw ra t io s  as measured during  the  lateral   direc- 
t iona l   osc i l la t ions  f o r  the   s tab i l iza t ion  system both on and off .  
Tests made a t  an a l t i t ude  of about 35,000 f ee t .  
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Figure 27. - Damping parameter - as a function of the parameter -. B 
Data  are presented for the stabilization systems on and  off at an 
altitude of about 35,000 feet; also shown are the requirements as 
specified in reference 11. 
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Figure 28.- Variation of the  static  directional-stability  parameter C,, with Mach  number  for 
the stabilization  systems  off at an  altitude  of 35,000 feet. Data "P obtained  from the period 
and  damping  data  presented in figure 25. 
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Figure 29.- Variation of the  side-force  parameter wi th  Mach  number for   the  s tabi l izat ion 
cyP 

system  off at an a l t i tude  of  about 35,000 feet .  
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(a) Attempt  by t h e   p i l o t   t o  trim the  a i rplane  rapidly.  

Figure 3 0 . -  Time h is tory  of attempt t o  t r i m  the  a i rplane  with  the 
normal longitudinal t r i m  system. 
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(b) Typical example of the  pilot's trimming procedure. 

Figure 30.- Concluded. 
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Figure 31.- Time  history of a successful  operation  of  the  wing  from  the 
landing  condition  to  the  clean  condition.  Tests  made  with  the  cruise 
droop  down  at  an  indicated  airspeed of 201 knots  and  an  altitude of - 
11,500 feet. 
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Figure 33.- Time h is tory  of the  operation of t he  wing from t h e   f u l l  up 
to  the  clean  condition  during a typical   take-off .  The indicated 
airspeed  varies from  about 190 knots  to  about 220 knots during the 
t e s t s .  
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Figure 34.-  Time history  of  an  unsuccessful attempt t o  lower the  wing 
t o  the  clean  condition. Tests mde  wi th   the   c ru ise  droop up a t  an 
indicated  airspeed of 197 knots at 11,500 feet a l t i t ude .  
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Figure 35.- Time h i s tory  of the  operation of the   c ru ise  droop a t  an 
indicated  airspeed of about 178 knots  and  an  altitude of 15,800 feet .  
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Figure 36.- Time his tory of the  operation of the  leading-edge droop 
from the  full-up  posit ion  to  the  landing-droop  posit ion  with  the 
wing i n   t h e  down and locked  position.  Tests  conducted a t  an indi-  
cated  airspeed of about 186 knots a t  an a l t i t u d e  of l5,mO feet. 
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(a) Wing-up cycle; (b)  Wing-down cycle; 
V i  = 198 knots; 15,500 feet .  vi = 181 knots; 16,000 feet .  

Figure 37.-  Time his tory of the  operation of the  variable-incidence 
w i n g  with  the  leading-edge  droop  locked in  the  landing-droop  posit ion 
during  the  entire  cycle.  
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